UNIT 2 EXPERIMENTS IN SUBSONIC WIND TUNNELS
Cl and Cd on Aerofoils:	

Some basic concepts of subsonic flow are demonstrated using a nominal 50 m/s wind tunnel. The section-lift and drag coefficients for a symmetric airfoil are obtained by analyzing the measured pressure distributions at several pressure taps on the airfoil surface. Some observations are also made for the airfoil pitching motion and for small perturbations. The airfoil spans the tunnel test section. A multi-tube water manometer board is used to monitor the surface pressures and provide a visual display of the dynamic changes associated with varying angle of attack. A computer-aided data acquisition system is used to collect and record pressure data from the pressure probes. 
The major elements of the open-loop subsonic wind tunnel facility are indicated in Fig.  The tunnel operates as open circuit, meaning air is drawn from the laboratory and also exhausted to the laboratory. 
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Streamlines around an airfoil in an incompressible flow
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Lift and Pressure Drag
	The normal pressure force Pds, acting on a small region, may be resolved into components dX and dZ acting parallel and perpendicular to the chord, respectively
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Normal pressure force on an airfoil surface
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Pressure Drag
	The force coefficient parallel to the chord is responsible for pressure drag on the airfoil, and this coefficient may be derived in a manner similar to that previously employed for the normal pressure force. First, divide the airfoil into 2 sections, fore and aft, such that fore is the area in front of the maximum thickness point of the airfoil as indicated in Fig
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Lift and Drag Coefficients
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Component for diagram



Cd from wake survey:
	Drag estimation by wake survey is a experimental technique specially useful for measuring the drag of airfoils at low angles of attack, since the low drag present in such situations may be difficult to measure with balances designed for measuring higher loads associated with the stalled aerofoil. The technique is based on the balance of the momentum in the free-stream direction performed over a control volume that encircles the airfoil, and is developed essentially for two-dimensional flows. Although far from the airfoil the static pressures are equal to that of 
the free-stream and the wake velocity profile would be sufficient for the drag estimation, so far from the airfoil the uncertainty in the momentum deficit calculation that will lead to the drag may become too high. In the present work, using theoretical considerations and experimental results (obtained using PIV and simple Pitot-static tube measurements) attention is called to the difficulties of the drag estimation by wake survey based purely on velocities measurement and to the advantages of the technique based on dynamic and static pressures measurement. 
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Test section Average velocity:
	Connect your pressure transducer to the computer in the wind tunnel room (S&E N007) using the data acquisition system. 
Setup the data acquisition software to take 100 measurements at a rate of 10 readings per second. 
Mount the pitot probe in the wind tunnel as shown in Figure 1. Make sure that the pitot probe is lined up with the flow direction. 
Connect the stagnation pressure probe to the high side of your transducer. Connect the static pressure probe to the low side. 
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Span-wise Load distribution on tapered wings:
	The aerodynamicist is usually concerned with properties, which affect the performance, stability and control of the airplane.
The stress analyst is concerned with the load distribution which will represent the most sever conditions for various parts of the internal structure of the airplane. Exact equations for span-wise lift distribution which can be found in many aerodynamic books, can be solved for many wing planform. Analytical and numerical methods to solve these equations are available but the calculation is not simple. Approximation methods to find span-wise lift distribution are Simpler and available . 
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Shear force and Bending moment Distribution:
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Flow angularity and Turbulence factor:
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Yaw sphere:
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Claw-yaw meter:
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Turbulence:
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Pressure sphere:
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Hot wire anemometer:
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At any point in the flow where the local pressure is P the Pressure Coefficient Cp is defined as:

P—PF

s

@)

The Total or Stagnation Upstream Pressure Pr as measured by an impact probe (e.g., a Pitot tube) is
the sum of the static and dynamic pressures at that point, i.e.,

@)

3)

The presence of the airfoil in the test section will affect the test section velocity. For example, at a
15° angle of attack the local velocity over the airfoil will increase to about 1.02 times the upstream
velocity due to blockage of the test section by the airfoil. This blocking effect will not be taken
into congsideration in the analysis that follows.
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On the upper surface the z-component is given by:

)yds cos

The normal force Z per unit span and chord is then given by:

e

where dx

dscose . Similarly, Z on the lower surface is give by:

- )y

Therefore, the total force in the = direction may be written as:
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The normal force coefficient then becomes:
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Figure 5: Pressure regions on an airfoil

For the fore section of the airfoil the x-component is given by:

2 )y dssinz

The force per unit span acting along the chord line is then given by:
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where d= = dssin ¢ . Similarly, for the aft section the s-component is given by:

Jo

The corresponding force coefficient is then given by:
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Once the numerical values for C; and C; have been computed they may be used to calculate the lift
and drag coefficients C and Cpp using the following force relationships.
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Cp=C,cosa—C,sina

Cp=C,sina+C, cosa
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The drag estimation by wake survey is based on the x-momentum balance over a control volume like that depicted
inFig (1)

Figure 1. Control volume for drag estimation by momentumn balance,
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The profile drag of a two-dimensional airfoil is the sum of the form drag due to boundary layer sep-
aration (pressure drag), and the skin friction drag. Usually the profile drag is determined from force
measurements made using a mechanical balance attached to the model. In the two-dimensional case
(where the airfoil spans the tunnel - wall to wall), the profile drag may also be determined from mo-
mentum considerations by comparing the velocity ahead of the model with that in its wake; this method
isused here and presupposes the flow is incompressible.

Momentum changes can be derived from velocities obtained from a pressure rake or a hot wire survey
across the wake. Both these techniques are compromised because they require the insertion of a phys-
ical body into the flow, resulting in a disturbance of the velocity field. In addition these instruments
require auxiliary calibration with inevitable loss in accuracy.




image16.png
Consider the two-dimensional wing in a steady, non-turbulent, incompressible flow with an incident
velocity V. Fig. 1.

A Fig. 1 D
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The air that passes over the airfoil suffers aloss of momentum and this loss is related to the profile drag
per unit span d as follows:

4 lass

x (change in velocity) )
sec
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InEq. 2,V is the wake velocity at the elemental area da in the plane which is perpendicular to the air
stream. Integration is caried out over the entire plane.
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The drag coefficient C is obtained from Eq. 2 thus:
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Since the airflow is two dimensional, the span-wise integration does not depend on the integrand.
Ifda = dl x ds then [ [da = s [ dl where dl is a differential length vertically across the wake,

perpendicular to the span direction of the wing:

Cy V)dl ©)

For numerical integration purposes Eq. 6 may be approximated by:

3
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The shape of the wake velocity profile is a function of the survey plane location as indicated in Fig. 2
(taken from Bairstow, [1]):
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Bairstow also cites experimental evidence indicating that Eq. 6 may be used to obtain accurate (to +
29%) estimates of C'; for survey plane locations from .042c to 98¢ behind the trailing edge of the airfoil
(at zero angle of attack).

For the Aerospace Laboratory experiment, using the notating of Fig. 2, the wake velocity equals the
free stream velocity for n/c < 0.25, therefore traverses of + 5 cm normal to the trailing edge should
prove adequate for good survey data if the airfoil is used at small attack angles.

Itis difficult to estimate the total drag of an airfoil accurately from purely theoretical considerations due
to variations in skin fiiction and air stream turbulence. The NACA 0012 airfoil used for this experiment
has a smooth Mylar finish promoting the formation of an attached boundary layer; therefore a first order
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estimate of C; may be obtained using Fig. 3 (Batchelor, [2]).
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Acquire Velocity Data:

Turn on the wind tunnel and set the motor frequency to 3 hz. Use the computer to record the pitot

probe pressure difference (100 readings). Calculate the average and standard deviation in your

transducer reading and convert the average volts to pressure using the transducer calibration that

you measured last week in lab. Now calculate the test section velocity using Bernc
1g a streamline:

illi's equation

2 (Po P)
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the fluid, Py is the stagnation pressure, P is the static pressure and p
: You will need the conversion 1"He0 = 248.8 Pa. Use the
on and the ambient pressure (101.3 kP4 to calculate density.

Where V is the velocity
is the fluid density. No
temperature in the test sect

Increase the m ntinue to increase the

frequency by 2 hz and repeat the measurement.
ur transducer is saturated (e, Ap > 1.0” Hi0)

moter frequency in 2 hz intervals until

yo

After you acquire your data, save your file and move to another computer so that the next

sroup can use the wind tunnel.
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Data Analysis

Calculate the uncertainty in your velocity measurement. Include the uncertainty in pressure
difference, 8AP (from your calibration datd), and the uncertainty in air density which you can

estimate assuming the uncertainty in the temperature measurement is 1 °C and the uncertainty
in pressure is 3%.

o

Plot motor frequency versus velocity, including uncertainty bars.
manufacturers supplied data in Table 1 below.

Compare your results to the
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[able 1. ME Windtunnel Performance Data.

Motor
Frequency | Velocity

(hz) (mis)

3 1.99

5 342

10 743

15 11.93

20 16.23

25 21.88

30 248

35 29.41
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A simple approximated method to find solution for span-wise lift distribution which has been
proposed by Dr. Ing Oster Schrenk and has been accepted by the Civil Aeronautics Administration
(CAA) as a satisfactory method for civil a/c.

Schrenk method relies on the fact that the lift distribution does not differ much from elliptical
platform shape if:

- The wing is upswept.
- The wing has no aerodynamic twist, i.e. zero lift lines for all wing sections lie in the

same plane (constant airfoil section). Lift
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L =qbCCy

Lift per unit span length is:
L/b = qCC;
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Where (€) is mean chord for each unit span. Since dynamic pressure (q = 0.50v?) is constant,
then lift distribution for unit span length depends on ( CCy) only, i.e. per unit span length:
L/b = const = CCy, 104

For unit lift coefficient (C, = 1), load per unit span length, L/b, depends on chord
distribution CC,, but the distribution CCy is not actual wing chord distribution. The over bar is

omitted since € = C for each unit span. For steady level flicht at ¢, =





image33.png
L=W=gqS
“L/q=W/S

W /S is wing loading and is assumed constant.
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Schrenk method proposed that the lift distribution per unit span length is the mean value of
actual wing chord distribution and an elliptical wing chord distribution that has the same area (S)
and the same span (b), see figure (10.1).

The lift distribution of elliptical platform wing is elliptical distribution. It obeys the wing
elliptical chord distribution (like British spitfire of word IT war). The elliptical chord distribution is:
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Lift distribution per unit span for a wing at (C; = 1) is:
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(a) Rectangular planform (b) Trapezoidal planform
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is:

For each section at a distance y from aircraft center line, i.e. root chord, the Schrenk distribution
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Cuing is the wing chordal distribution. If the value of lift coefficient is unity (C; # 1) then just
multiply (C)sen, aise. by the actual value of wing lift coefficient. The Schrenk distribution is in (1m).
The local lift distribution in(N /m) is:
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w=L/b=W/S*CC,
And lift magnitude at each sectional span length is:

L=W/S+CCy+ Ay
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It is very important that the local lift coefficient at any section should never exceed the
maximum airfoil lift coefficient for this section, from NACA data sheet, else this section may
stalled if Cpgoear > Comay- see figure (10.

Wing geometrical or aerodynamical twist is used to prevent stall and a recalculation for the
distribution is necessary.

Figure (10.2) denotes the effluence of taper ratio on span-wise lift distribution and figure (10.3)
shows local lift curve distribution.
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Figuer 10.3: Calculated spanwise lift
distribution at high angle of attack
where flap is up.
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This lift distribution is obviously inaccurate at the wing tips, see figure (10.1). A well designed
wing will have a rounded tip where approximate method gives closer results to actual distribution
than for square tip. Analytical and numerical methods also need empirical corrections are often
applied.

For wings with aerodynamic twist, the distribution is evaluated in two parts.

1. Basic lift distribution is obtained for the angle of attack where entire wing has no lift. Where
some outboard sections have negative lift and some inboard section have positive lft.

2. Addition lift distribution is evaluated by assuming that the wing has lift but no twist. And
the distribution can be evaluated by Schrenk method.

For each section basic and addition lift are added together to give actual section lift. The details

are left for the student who is interest. Diederich method seems simpler and more general.
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Schrenk distribution is also used to evaluated shear force and bending moment distribution spa
wise. Evaluation of .F & B.M values at each wing section has a great importance in wing structur

analysis. S.F & B.M values are calculated along span-wise increment (Ay) as:
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Thetlow in the test-section has to be unitorm throughoutits cross section, with
all streamlines parallel to the tunnel axis, when the tunnel is run without any
model in the test-section. Therefore, ensuring the flow direction along the
tunnel axis is essential before putting the tunnel into use. A yaw head probe
can be used to measure the angularity of the flow. The yaw head probes used
for measuring the flow angularity in a wind tunnel test-section are usually
sphere-type or claw-type.
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A schematic diagram of a typical sphere-type yaw meter is shown in
Figure 3.26. For measuring the angularity of planar or two-dimensional flows
we need a two-hole yaw sphere, however, a yaw meter with four holes is nec-
essary for three-dimensional flows because the yaw and pitch of the stream
need to be measured simultancously. The procedure followed for angularity
‘measurement is the following.

« A sphere with two orifices located 90° apart on the forward port is
to be placed in the wind tunnel test-section by a support.

+ The instrument axis has to be adjusted in the vertical plane until
both pressure taps measure equal pressure (i.e., ps = py; refer to
Figure 3.26). The measurement of equal pressure by these two pres-
sure taps implies that the axis of the yaw meter is aligned to the flow
direction. Now the angle between the tunnel axis and yaw sphere
axis gives the angle befween the flow direction and tunnel axis.

+ Align the instrument axis parallel to the tunnel axis and note the
pressure difference (p4 — pp). The instrument may be calibrated by
standard experiments for yaw head, defined as the ratio between
AK and Ay, where AK = Ap/q and ¥ is the yaw angle.
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Theoretical and actual values of Ap/q for a spherical yaw head are com-
pared in Figure 3.27.

The yaw head (AK/AY) varies from 0.04 to 0.07/degree. Therefore, for
cach instrument its yaw head constant AK /Ay should be determined exper-
imentally.

In addition to the yaw holes, a total-head orifice may also be provided
at the front of the yaw head sphere. From Figure 3.27, it can be noted that
the total pressure head orifice reading will be correct only for small flow
deflection angles. Indeed, at 5 degree yaw the total head reading is down by
1.2 percent.




image51.png
The principle and the functioning of the claw-type yaw meter are similar to
those of the spherical yaw meter. A typical claw-type yaw meter is shown
schematically in Figure 3.28. Because of less interfering geometrical construc-
tion, it is generally used to measure the direction, rotation, and so on of the
flow field at any point near the model surfaces.
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generation of turbulent flow is easier compared to laminar flow. In fact, gener-
ation of laminar flow in the laboratory is a cumbersome task. In nature, most
of the flows (air flow over plains, séa breeze, water flow in rivers, stream,
ete.) are turbulent. Therefore, it becomes imperative to simulate the level of
turbulence in the actual flow field, where a prototype is going to operate, in
the wind tunnel test-section where a scale model of the prototype is tested,
for establishing dynamically similar flow conditions between the prototype
and model flow fields. If there is any disagreement between tests made in
different wind tunnels at the same Reynolds number and between tests made
in wind tunnels and in the actual field, then correction has to be made regard-
ing the effect of the turbulence produced in the wind tunnel by the propeller,
guide vanes, screens and wire meshes, and vibration of the tunnel walls. From
experience it is known that turbulence causes the flow pattern in the tunnel to
be similar to the flow pattern in free air at a higher Reynolds number. Hence,
the wind tunnel test Reynolds number could be said to have a higher effec-
tive Reynolds number compared to free flight in the actual flow field. In other
words, a tunnel with a certain level of turbulence exhibits a flow pattern ata
test-section Reynolds number Re, which will be identical to a free field flow
at a Reynolds number which is much higher than the test-section Reynolds
number Re. That s, the actual Reynolds number of the test-section is equiva-
lent to a much higher free field Reynolds number. This increase is called the
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turbulence jactor 1't, defined as

0

where the subscript ¢ stands for effective Reynolds number, and Re, is the
measured critical Reynolds number in the tunnel test-section. Now it s clear
that measurement of turbulence in the test-section is essential for determining
the Re,.. The turbulence may be measured with

1. Turbulence sphere

2. Pressure sphere

3. Hot-wire anemometer
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turbulence already present in the air stream, and hence the drag coefficient of
the sphere can be sed to measure turbulence of the air stream. The procedure
usually adopted for this measurement is the following.

+ Measure the drag D for a small sphere of about 150 mm diameter,
at many speeds of the test-section.

+ After subtracting the buoyancy, the drag coefficient may be calcu-
lated from the relation
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where d is the sphere diameter.

+ The sphere drag coefficient is plotted against Reynolds number Re,

as shown in Figure 3.29

+ The Reat which Cp = 0.30is noted and termed the critical Reynolds

number, Re..

For the drag sphere placed in an undisturbed flow, the theoretical value of
Cp = 03 occurs at the theoretical critical Reynolds number of Re = 385,000.

Therefore,

(347)
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where Re, is the actual critical Reynolds number for the tunnel. Using this
equation and Eq. (3.46), the effective Reynolds number can be calculated.

Sphere drag coeffcient, C,y

2 3 4x10°
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In this method, no force measurement is necessary. Therefore, the difficulty
of finding the support drag is eliminated. The pressure sphere has an orifice
at the front stagnation point and four equally spaced interconnected orifices
at 22} degrees from the theoretical rear stagnation point. A lead from the
front orifice is connected across a manometer to the lead from the four rear
orifices. After the pressure difference due to the static longitudinal pressure
gradient is subtracted, the resultant pressure difference Ap for each Re at
which measurements were made is divided by the dynamic pressure for the
appropriate Re. The resulting dimensionless pressure difference, also known
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as the pressure coefficient C, (C, = Ap/q), 1s plotted against Re,
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The hot-wire anemometer can be used to measure freestream turbulence di-
rectly. It can be used for the measurement of turbulence at very low speeds
also. It measures the instantancous values of speed accurately and hence the
turbulence, defined as

Deviation from mean speed

Turbul
urbulence Mean speed

can be found directly. The time lag is practically negligible. The hot-wire
anemometer works on the principle that the rate of heat loss from a wire
heated electrically and placed in an air stream is proportional to the stream
velocity. The wire used is platinum or tungsten wire of about 0.015 mm di-
ameter and about 10 mm long. The rate of heat dissipation H is given by

H=IR=(A+BYV)T-T,), (3.48)
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The power required to run a wind tunnel scales roughly as the third power of the flow velocity.
This factor is reflected in the 15 HP (12 kW) motor required for stating and running at high
speeds. Air is sucked through the test section by a large fan located at the rear of the tunnel. A
cardboard honeycomb is employed in front of the test section to reduce flow turbulence and
increase measurement accuracy.

A Pitot-static tube is mounted at the front of the test section to measure the static and impact
pressures required to determine the flow velocity. The dynamic pressure from the Pitot-static tube
is measured using a Betz manometer.

The laboratory wind tunnel incorporates a variable pitch NACA 0015 symmetric airfoil equipped
with 11 surface pressure taps. A schematic of the airfoil pressure tap locations is depicted in Fig. 2.
The tap coordinates are listed in Table 1.
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